The number of case studies focusing on hybrid-electric aircraft is steadily increasing, since these configurations are thought to lead to lower operating costs and environmental impact than traditional aircraft. However, due to the lack of reference data of actual hybrid-electric aircraft, in most cases, the design tools and results are difficult to validate. In this paper, two independently developed approaches for hybrid-electric conceptual aircraft design are compared. An existing 19-seat commuter aircraft is selected as the conventional baseline, and both design tools are used to size that aircraft. The aircraft is then re-sized under consideration of hybrid-electric propulsion technology. This is performed for parallel, serial, and fully-electric powertrain architectures. Finally, sensitivity studies are conducted to assess the validity of the basic assumptions and approaches regarding the design of hybrid-electric aircraft. Both methods are found to predict the maximum take-off mass (MTOM) of the reference aircraft with less than 4% error. The MTOM and payload-range energy efficiency of various (hybrid-) electric configurations are predicted with a maximum difference of approximately 2% and 5%, respectively. The results of this study confirm a correct formulation and implementation of the two design methods, and the data obtained can be used by researchers to benchmark and validate their design tools.
I. Introduction
HE reduction of greenhouse gases is a relevant topic in every field of today's research. For land-, water-, and airbased traffic, electric propulsion is a potential solution to achieve a reduction in emissions and minimize the use of fossil fuel. Fully electric cars and ships are already in mass production (see e.g. Refs. [1, 2] ), but only a small number of experimental aircraft currently use electric propulsion technology. This is mainly due to the current battery technology, which limits flight endurance and range [3] . Until battery technology is mature enough [4] , hybrid-electric powered aircraft could help further reduce emissions, fuel burn, and noise. Interest in hybrid-electric aircraft design has significantly increased, as shown by the growing number of publications on this topic [5] . However, design procedures and best practices for hybrid-electric aircraft are yet to be developed [6] . In this context, one of the main challenges is the initial sizing of hybrid-electric aircraft, that is, the process of going from the first concept to a baseline design with component masses and engine power that reflect the top-level aircraft requirements.
Many studies are conducted exploring the design space of this new technology. However, these studies often lack transparency regarding the aircraft sizing process. Furthermore, the results of hybrid-electric design studies are usuallyif not alwayspresented without any validation or uncertainty quantification, despite the use of novel design methods. This can, at least partly, be attributed to the fact that validation and verification of design tools for hybridelectric aircraft is a very challenging task due to the lack of available validation data. On the one hand, validation data from existing design studies are scarce because most research does not explicitly list assumptions nor provide sufficient quantitative data to replicate the designs. On the other hand, given that hybrid-electric propulsion is an emerging technology, there are only a very limited number of manned hybrid-electric aircraft that have been flight tested. Examples of hybrid-electric aircraft include a modified motor glider built by the University of Cambridge [7] , a retrofitted Cessna 337 by Ampaire 1 , and a modified DA40 built by Diamond Aircraft 2 . Since all these aircraft are experimental or prototypes with hybrid-electric propulsion systems fitted to existing conventional aircraft, they are not representative of a fully optimized clean-sheet design, and moreover, only a limited amount of data is publicly available.
At FH Aachen and TU Delft, sizing tools for hybrid-electric aircraft have been independently developed in parallel over the past years. In both approaches, the traditional preliminary sizing methods (Refs. [8] [9] [10] [11] [12] [13] were modified to account for hybrid-electric propulsion. The method developed at FH Aachen focuses on the design of general aviation aircraft with special focus on vertical take-off and landing (VTOL). The approach of TU Delft focuses on the design of transport aircraft with special focus on the aero-propulsive effects associated with distributed-propulsion or boundary-layer-ingestion configurations. Both methodologies are designed to provide a first analysis of the available design space for a set of top-level requirements and to determine power-to-weight ratio (P/WTO), wing loading (WTO/S) and hybridization of power (i.e., the split between electric power and combustion engine power).
In this paper, the two methodologies are compared with the aim of assessing if the general approach to the sizing of hybrid-electric aircraft is valid. The assumptions, discrepancies, and results provided by the two methods are discussed in order to maximize transparency and to provide data to the aircraft design community to benchmark and validate hybrid-electric design tools.
Fig. 1 Comparison between Do 228NG [14] (left) and the 19-seat baseline aircraft (right).
To establish a common baseline, a 19-seat commuter aircraft is used. This reference aircraft is based closely on the Dornier/RUAG Do 228NG, shown in Fig. 1 . This aircraft has been analyzed in previous hybrid-electric aircraft studies (see e.g. Refs. [15, 16] ). Moreover, performance data of the aircraft is available from multiple sources [17] [18] [19] [20] , and therefore it is well-suited as a reference configuration. First, this baseline aircraft is sized for a common set of toplevel requirements and a conventional turboprop propulsion system. This will show the level of accuracy of the traditional approaches of the sizing methods when comparing the results with data for the Do 228NG. Then, hybridelectric propulsion technology is introduced. Both methods are used to resize the aircraft under consideration of serial, parallel, and fully-electric propulsion system architectures. In this context, resizing is the process of re-matching the aircraft's mass to its desired performance, with only the top-level requirements maintained constant. The results are compared, and differences are highlighted. Finally, in order to verify that the trends of the different approaches match, a sensitivity study is conducted. With this, the gradient of any figure of merit with regard to the analyzed parameters can then be determined, illustrating the impact of each parameter on the final design, and showcasing the differences between both methods. In this way, the study presented in this paper helps to build confidence in the design methods for hybrid-electric aircraft and to understand the impact that hybrid-electric propulsion systems have on the initial sizing process.
II. Approach
In this section, the design methods of FH Aachen (Sec. II.A.1) and TU Delft (Sec. II.A.2) are briefly described. The main differences between the two methods are then summarized in Sec. II.B. Finally, Sec. II.C describes the simplified powertrain representations and parameterizations used by the two methods.
A. Sizing Methods

Method A: FH Aachen
The design methodology formulated at FH Aachen focuses on the design of general aviation aircraft with special focus on vertical take-off and landing (VTOL). The methodology of the sizing process is documented in Ref. [21] . Conventional take-off and landing general aviation aircraft were studied, as shown in Refs. [22] [23] [24] [25] [26] . The sizing of VTOL aircraft is discussed in Ref. [27] . The FH Aachen method is developed for aircraft with both parallel-hybrid and serial-hybrid propulsion systems, although it is applicable to conventional propulsors or fully electric propulsion systems as well. Therefore, the algorithm can be integrated into existing design or analysis tools. Its goal is the identification of the optimal design point (P/WTO and WTO/S) of such aircraft and, in addition to this, the corresponding degree of hybridization. Analogous to the classical methods, the methodology is separated into two major parts: point performance, also referred to as the constraint diagram, and mission performance, also known as the mass estimation. For both parts, certain input parameters are necessary, representing the Top-Level Aircraft Performance Requirements (TLARs), which are defined for the individual aircraft. These requirements specify the TLARs, including the flight mission, the aerodynamics, and the propulsion system (number of engines, conventional, serial-or parallel-hybrid, etc.) and its corresponding efficiencies. An overview of the process is shown in Fig. 2 . In the first step, the point performance tool determines the constraint diagram. The required P/WTO, with respect to the WTO/S, is determined for constraints like the desired rate of climb, the desired take-off distance, or the desired cruise airspeed. The mission performance analysis is based on a classical iterative process presented in most aircraft design books (see e.g. Refs. [8, 9] ). To cover the mix of consumable (fuel) and non-consumable (batteries) energy sources on board, the masses are not treated as fractions, as it is usually done in other sizing algorithms (see e.g. Ref. [10] ), but as absolute values. Additionally, the classical endurance and range equations of Breguet are not used to determine mass or energy fractions. Instead, the mission is broken into a large number of short segments and simulated, using a universally valid, energy-based approach. The mission is defined explicitly by the requirements. The fuel mass and battery mass are determined by calculating the required energy for each time step of the flight phase. This energy is split into its consumable and non-consumable parts through the degree of hybridization of the corresponding flight phase and converted into the necessary thrust or power. 
Select the design point with respect to a given Measure of Merit
Finally, based on a first estimate for the MTOM, all masses that make up the gross mass are calculated. This can be done by using Class-I or Class-II mass estimation methods. Using the results of the point performance analysis, the propulsion system is sized, as its engine, motor, and integration masses are estimated. In the final step, the empty mass is determined. Because the propulsion system mass is calculated separately, this mass fraction covers the usual operating empty mass without fuel, battery, and engine masses. Based on the new MTOM, the next iteration step can be started. The iteration stops when a certain mass convergence, defined by the stopping criteria ε, is reached.
Method B: TU Delft
The methodology developed at TU Delft focuses on the preliminary sizing of hybrid-electric transport aircraft, taking into account the aero-propulsive interaction effects present in novel propulsion-system layouts such as distributed propulsion, tip-mounted propulsion, or boundary-layer ingestion systems. The sizing process is documented in Ref. [28] , and has been used in several configuration studies [29] [30] [31] and sensitivity studies [32, 33] of hybrid-electric transport aircraft. Analogously to the approach of FH Aachen, the sizing method combines a point-performance analysis with a mission analysis and subsequent mass estimation, again using power-loading diagrams to represent the design space. However, the two methods differ in several aspects. The main advantages of the method developed by TU Delft are the inclusion of aero-propulsive interaction in the sizing process, and the use of a generic powertrain model which is independent of the type of architecture selected. The main disadvantages, on the other hand, are that the method is not applicable to VTOL and that it requires a more complex representation of the design space due to the use of multiple power-loading diagrams. This difference will be discussed in more detail in Sec. IV. An overview of the sizing method is presented in First, a constraint analysis is performed in order to determine the wing loading and power loading necessary in order to meet all top-level performance requirements. The point-performance equations used to determine the constraint curves are modified in order to include the changes lift, drag, and propulsive due to aerodynamic interaction between the propulsion system and the airframe. Once the performance constraints have been established in terms of
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the required propulsive power ( p = ⋅ ), a powertrain model is used to translate this requirement into a power requirement for each element in the powertrain, thus generating one power-loading diagram per component. This powertrain model is, essentially, a simplified matrix representation of the power balances across each element in the powertrain architecture. It requires up to three power-control variables (throttle, supplied power ratio, and shaft power ratio) to relate the propulsive power to the power required from the energy sources and the different components of the powertrain. Once the powertrain components haven been sized in terms of power using the power-loading diagrams, a mission analysis is performed to size the aircraft in terms of energy requirements. To this end, a time-stepping approach is performed over a simplified mission profile with an assumed initial MTOM, and the fuel energy and/or battery energy consumption is integrated along the mission. For this, the designer must specify the power-control strategy used during each mission segment. In other words, the throttle setting and power share between the different energy sources or propulsive devices must be specified as input, while the resulting degree-of-hybridization (of energy) is a result of the mission analysis. The resulting fuel and battery masses are included in a modified Class-I mass breakdown of the aircraft, and the MTOM is computed. With this updated MTOM, the mission analysis is re-evaluated until the aircraft mass converges.
B. Differences between Sizing Methods
Although both methods A and B stem from the well-known Class-I design methods, slightly different results must be expected due to differences in assumptions or modeling approaches. Different models are used for the constraint analysis, the mission analysis, and the systems analysis, with each model having individual strengths and weaknesses. In order to provide an overview, Table 1 highlights the key differences between methods A and B. For a more complete understanding of the rationale behind the two methods, the reader is referred to Refs. [28] and [35] .
Both methods use the constraint diagram, also known as the "matching chart", to derive the installed power. However, the main difference between the two methods is the use of a single, combined power-loading diagram in Method A, versus the use of multiple component-oriented power-loading diagrams in Method B. Consequently, Method A assumes a specific power split for all constraints, while Method B is more flexible but requires the designer to select a power split (i.e., a supplied power ratio; see Sec. II.C) for each constraint. The two approaches are described in detail when analyzing these diagrams for a hybrid-electric aircraft in Sec. IV.B. Moreover, a slightly different approach is used to determine the take-off and climb rate constraints. To determine the relationship between power, wing loading, and take-off distance, method A solves an analytic equation from Gudmundsson [10] , which takes into account the aircraft's drag and rolling friction. Method B uses a statistical approach based on CL,TO, as described by Raymer [8] . To derive the climb rate constraints, the same approach is used to find excess power and thus climb rate; however, climb is performed at different speeds. Method A derives the speed for minimum drag power (maximum 3/2 / ), while method B assumes a stall margin of 1.2 VS, since it is not possible to analytically derive the optimum climb speed when the aero-propulsive interaction effects are considered. The same difference is reflected in the mission analysis, where Method A accelerates to the speed of minimum drag power, climbs, levels off at the desired altitude, and then accelerates to cruise speed. Method B, on the other hand, climbs at constant dM/dh, which leads to a smooth climb profile, but is less energy-efficient. A dM/dh profile is assumed for descent as well, at an idle throttle setting of 5%, for which the thrust produced is included in the pointperformance equations. Method A handles descent more conservatively: a 10% throttle setting is considered as idle, but no residual thrust is considered during descent. In this case, the descent speed is adjusted to the velocity for best L/D. The taxi, take-off, and landing flight phases are also handled differently. Method A simulates the energy consumption of taxi phases by considering rolling friction, the taxi time and speed, and the take-off energy consumption by applying full power for a determined duration. The landing phase is considered part of the postlanding taxi. Method B covers these flight phases by using Roskam's energy fractions [12] , where statistical data is used to describe that part of the mission. In this study, the energy fractions assumed in Method B were selected to match the energy fractions computed in Method A. Furthermore, the fuel reserves required for loiter are computed in a different manner, as shown in Table 1 .
Because method A was developed for reciprocating engines, as they are typically found for general aviation, the turboprop's efficiency is described by BSFC values. Method B, on the other hand, describes the gas turbine's thermal efficiency directly, using the factor ηGT. In both cases, the turboshaft efficiency is throttle (part-power) corrected, using an empirical formula for jet engines, as described in Ref. [8] . To prevent efficiency from reaching zero at 0% throttle, the BSFC values of method A have a certain maximum cut-off, whereas the efficiency is considered constant below 15% throttle by method B. Finally, to model the operating empty mass (OEM), both methods use statistical Class I mass estimation methods for this comparison, even though Class II methods from Refs. [8, 9, 12] and [36] are implemented in Method A. However, Method A defines OEM' as the operating empty mass without a propulsion system. The propulsion system mass is added on top, to account for the large propulsion systems of VTOL aircraft, which are not covered by the typical statistical correlations. Method B considers a conventional OEM definition. For this comparative study, a constant empty-mass fraction is used. For the Do 228 data (OEM/MTOM = 0.609), statistics from Ref. [8] give an OEM/MTOM of approximately 0.6, with a decreasing trend with increasing MTOM. Statistics from Ref. [10] also give an OEM/MTOM of approximately 0.6, with an increasing trend with increasing MTOM. The sensitivity of the OEM fraction to MTOM was found to be small for the commuter class in both cases, and therefore a constant emptymass fraction of OEM/MTOM = 0.600 was selected for Method B, and an equivalent mass fraction of OEM'/MTOM = 0.545 for Method A, which corresponds to the same value if the propulsion-system mass of the Do 228 is subtracted. . Different levels of modeling detail exist, depending on the focus of the design study. In the preliminary sizing methods treated in this paper, a simplified model is used where each component is treated as a "black box" with an associated weight and transmission efficiency. Although a more complete description of these simplified representations can be found in Refs. [38] and [28] , a brief overview of the serial and parallel architectures is included here for clarity, to relate the different parameterizations of the two methods to each other. The parallel hybrid architecture (Fig. 4a ) is a configuration in which gas turbine (GT) and electric motor (EM) work in conjunction. Both are mechanically connected to a propeller shaft, often via a gearbox. The total required power is split between GT and EM by a certain degree of hybridization. This allows for a smaller combustion engine, as well as a small electric motor for a given total propulsive power PP. Parallel hybrid architectures are typically a very efficient and light way to add electric power to an aircraft [38] .
In a serial-hybrid system (Fig. 4b ) the propulsor's shaft is only driven by an EM, while the GT is used to generate electricity for the electric system. The electric system is supplemented by a battery. Sometimes, the unit of GT and generator (GEN) are referred to as a "range extender" (see e.g. Ref. [39] ), depending on how the batteries and fuelbased engines are used throughout the mission. Depending on the layout of the system, the GT can run at a constant speed and power setting, which allows it to be optimized for one specific design point. Often, an additional power management system is employed, which can distribute energy between EM and battery, enabling in-flight re-charging of the battery. If the battery is sized accordingly, an aircraft with a serial-hybrid powertrain can also operate in an allelectric mode. This might be desirable from a noise or local emissions perspective.
Fig. 4 Simplified representation of the parallel and serial powertrain architectures.
Parallel-and serial-hybrid propulsion systems should not be compared on a one-to-one basis, because this would not be a meaningful comparison. As shown in Refs. [22] and [35] , a serial-hybrid system will typically perform worse than a parallel-hybrid system for a similar set of parameters. This is caused by the additional mass that the generator system will add to the aircraft, the corresponding reduction of powertrain efficiency, and the fact that the electric motor must be sized to deliver the total propulsive power. The advantage of serial-hybrid systems is their geometric flexibility. EMs can be installed independently of the location of the GT. This enables distributed propulsion layouts (see e.g. Refs. [32] , [40] , or [41] ), which can take advantage of favorable aero-propulsion interaction. Thereby, the mass increase of the propulsion system is traded against improved aerodynamic efficiency. In this paper, aeropropulsive effects are not considered, to simplify the analysis and improve comparability. Consequently, all serial hybrid designs are expected to be outperformed by the parallel hybrid designs.
The two hybrid-electric propulsion systems shown in Fig. 4 have a mechanical and electrical node, respectively. Therefore, when compared to a conventional fuel-burning powertrain, additional degrees of freedom are available. Method A uses the parameter HP to describe the hybridization. HP is the level of hybridization of power, which for parallel architectures is the ratio of the propulsion power of EMs to the total propulsion power at the propeller shaft (see Eq. 1). Note that for serial hybrid-electric powertrains, HP,PH, as defined in Eq. 1, is always equal to one since only the EM delivers the total installed power. To differentiate between the fully-electric powertrain and to size the generator, in this case, the parameter HP,SH, is introduced by Eq. 2. This definition of HP,SH is different from the definition provided in Ref. [21] . Previous publications defined HP,SH as the ratio between PEM and PGT. This definition would result in a hybridization ratio of less than 1 for parallel hybrids, and larger than 1 for serial hybrids. For the sake of comparability, the definition is changed for this paper, so that the ratio HP is less than 1 for both SH and PH, which makes it similar to the hybridization definition of method B.
Method B, on the other hand, uses the supplied power ratio, which can be expressed as
Although this parameter governs the power split at the node (i.e., the gearbox for the parallel architecture, or the electrical node for the serial architecture), in this case, the supplied power ratio specifies the value of the split at the energy sources rather than at the node itself, unlike the parameter Hp. This formulation is necessary to apply the generalized matrix formulation used to solve the different powertrain architectures, as described in Ref. [28] . Since the definition of the two control variables differs only by the transmission efficiency of the components located between the energy sources and the nodes, they can easily be related to each other through: 
III. Baseline Reference Aircraft
To build confidence in the abilities of both methods, a conventional baseline reference aircraft is modeled first. For this study, a 19-seat, CS-23 commuter aircraft is selected. Commuter class aircraft (up to 8618 kg) are slightly larger than the general aviation category (up to 5760 kg), for which Method A is designed, and slightly smaller than the CS-25 transport aircraft, for which Method B is typically used. In this way, it is possible to verify that the approaches are generic enough for the sizing of hybrid-electric aircraft in general, and not just limited to the aircraft category for which they were initially intended. In this section, this baseline aircraft is sized for a given set of top-level requirements. This shows the level of accuracy of the traditional approaches of the sizing methods when comparing the results with data for the Do 228NG. These results are subsequently used as a baseline for the hybridization studies of Sec. IV.
A. Definition of Top-Level Aircraft Requirements and Design Assumptions
The reference aircraft is based closely on the Dornier/RUAG Do 228NG, a twin-turboprop STOL utility aircraft [42] . The Do 228 is built in conventional aluminum construction, features a high wing, and a rectangular-shaped fuselage. The fuselage is not pressurized. The landing gear retracts into a fuselage pod. For propulsion, Honeywell TPE331 engines are used. They are flat-rated to 579 kW when installed on the Do 228 [17] , but are designed to produce up to 701 kW [19] . The reference aircraft is sized for a typical commuter mission, including diversion, 30 minutes of loiter, and additional contingency fuel reserves, as specified by the regulations [43] . The mission specification and top-level design requirements are shown in Table 2 .
The selected aircraft performance requirements are based on information given in Refs. [17] and [20] , while the propulsion system data is obtained from manufacturer data and the Do 228's pilot's operating handbook [18] . The following deviation was made from the published data. The published take-off distance is given as 793 m, including the climb to obstacle height. Using the pilot's operating handbook, take-off ground roll is determined as 650 m. Moreover, the mission requirements are extracted from the payload-range diagram of the aircraft, presented in Fig. 5 . Table 2 Mission and performance requirements. The values of the design parameters and additional input assumptions selected to meet these top-level requirements are included in the Appendix for traceability. The aerodynamic modeling is discussed in Sec. III.B. The designs were found to be especially sensitive to the aerodynamic modeling of the aircraft and to the performance characteristics of the turboshaft engine. For the power lapse and specific fuel consumption (or thermal efficiency) of the engine, a surrogate model is built based on TPE331 performance data [19] . Due to the flat-rating of the TPE331 used on the Do228, the engine was found to be able to produce maximum power at all combinations of flight speed and altitude considered in this study. The specific fuel consumption of the engine, meanwhile, is computed as a function of flight speed and altitude using the surrogate model, and additionally corrected for part-throttle, as mentioned in Sec. II.B. 
B. Aerodynamic Modelling
Because no aerodynamic data for the Do 228NG is available in the public domain, the aerodynamic performance had to be estimated by the authors. To increase fidelity, the authors decided against a classical drag buildup to determine the drag polar. The Do 228 features under-the-wing engines, which contribute considerably to interference drag and also reduce the wing efficiency [44] . Additionally, it has a box-shaped fuselage with multiple kinks and significant upsweep (see Fig. 1 ), which complicates drag estimation. Götten et al. [45] highlight that drag build-up models can give significantly wrong results when applied to non-standard aircraft configurations. Therefore, Reynolds Averaged Navier Stokes (RANS) CFD simulations were carried out to determine the drag polar of the concept. The reference geometry was created in OpenVSP using 3-view drawings of the Do 228NG.
The simulation was set up according to the recommendations outlined in Ref. [46] . The OpenVSP geometry was transferred to Siemens' simulation package StarCCM+ via the .STL standard. Then, the flow field about the models was simulated using a steady-state RANS approach, using the SST k-ω (Menter) turbulence model. Further details on this methodology can be found in Ref. [47] . The RANS equations were solved using the assumptions of incompressible Range [km] flow with a Semi Implicit Method for Pressure Linked Equations (SIMPLE) approach. The bullet-shaped flow field was divided into finite volumes using StarCCM+'s unstructured Cartesian cut cell mesher with a dedicated prism mesh, which discretizes the boundary layer. Boundary layer thickness was determined using the Schlichting's methods [48] , ensuring y + values below 1 on the aircraft's surfaces. The surface mesh size was adjusted to give approximately 70 cells over the wing in chordwise direction. Lift and drag forces on the models' bodies were obtained by integrating the cells' shear stress tensor and their pressures. To decrease the computational effort, a half-model was used, and a symmetry condition was applied. Grid-independent results were then obtained for a mesh size of 18.4 million cells. StarCCM+'s mesh optimization scheme was employed, which improves cell skewness angles, cell aspect ratio, and volume change between cells. Further information on the simulation parameters is presented in Table 3 . A sample pressure coefficient distribution is shown in Fig. 6 . Table 3 Operating conditions selected for the CFD simulations of the reference aircraft geometry. Nine operating points were calculated using this approach: from -4° to 10° angle of attack, in steps of 2°. Then a curve fit was applied to find the lift coefficient at minimum drag ,min , the minimum drag coefficient min , and Oswald's aircraft efficiency factor e. These parameters allow the construction of an asymmetric parabolic drag polar given by:
Parameter
Additionally, a penalty was applied to the drag values obtained from RANS CFD since the drag from leakage and protuberance, cooling, propeller interaction, and other miscellaneous drag sources are not accounted for. A 20% increase of the total zero-lift drag is appropriate to account for the under-prediction of these effects by CFD [49] . The curve fit parameters are shown in Table 4 . The simulation results are presented in Fig. 7 . A maximum L/D of 16 is obtained at a of 0.75. 
C. Sizing of the Reference Aircraft
The first step of the sizing process is to determine the wing loading and power-loading or power-to-weight ratio of the aircraft. To this end, the results obtained from both methods for the Do 228 is shown in Fig. 8 . The constraint lines are constructed with the requirements from Sec. III.A and the aerodynamic data from Sec. III.B. For completeness, all additional performance requirements specified by the regulations (Refs. [50, 51] ) have been included in grey lines in Fig. 8 . However, these additional constraints were found to not actively constrain the design space, and are therefore not discussed in further detail. The agreement of both methods is good, although slight variations can be observed in the diagram. The most glaring disparity is the take-off distance constraint. Method A uses Gudmundsson's approach, which correlates WTO/S and Ps/WTO in a nonlinear fashion. Method B uses Raymer's linear regression approach, which gives more optimistic values at high wing loading. The one-engine inoperative (OEI) rate-of-climb (ROC) constraint at sea level (SL) is found to differ slightly due to the different flight speed assumed in either method (see Table 1 ), with method B being slightly more conservative. The all-engines operating (AEO) ROC constraint and the stall speed constraint, which determine the design point, are found to show a good agreement between the two methods, as well as the cruise speed constraint. Consequently, the design points obtained from both methods are practically identical, and differ less than 1% from the design point of the Do 228 for the selected design parameters, as shown in Table 5 . Table 5 Design point comparison. Using the P/WTO and WTO/S data from the constraint diagrams, the mission performance analysis is then carried out, and the energy requirements to match the desired mission. This is conducted for three different points of the Do 228's payload-range diagram: a short-range mission with maximum payload, a medium-range mission with 75% load factor, and a long-range mission that corresponds to maximum fuel and minimum payload (see Fig. 5 ). As the Do 228 flies all missions with the same MTOM, the sizing methods should also return the same gross mass for each of the points.
Design Point
The sizing results of all points of the payload-range diagram are shown in Table 6 for both methods. The difference in MTOM between the reference aircraft and the sizing results of the numerical methods is less than 4%. This is a remarkable result, especially when considering that these methods are intended for conceptual design work, and the fidelity of the modeling is relatively low. As a general trend, Method A seems to be slightly too conservative when estimating MTOM (+0.5 to +3.8%), but no clear trend regarding the influence of the design range can be seen. Method B gets an excellent result (+0.3%) for the short mission, but slightly under-predicts MTOM for longer ranges (up to -3.3%). Furthermore, to verify that the MTOM estimation of the aircraft is correct and not an artifact of counteracting effects in the component mass estimation, the component masses of both methods for each mission are compared to reference data in Fig. 9 . This figure shows that, apart from the fuel mass, both methods are capable of sizing the different components with reasonable accuracy. Figure 9 shows that the largest discrepancy between the reference and the results of both methods is found for the fuel mass. Fuel mass is directly connected to the overall efficiency of the aircraft, and almost all modeling errors manifest themselves in an increase in fuel burn. The sensitivity of fuel burn to the aerodynamic characteristics of the aircraft and to the performance map of the turboshaft engine make the discrepancy hard to trace back to a specific assumption or modeling error. The largest relative difference is found for the short-range mission, which also has the lowest absolute fuel mass. Consequently, the relative deviation from the reference data is the largest, even though the fuel mass is only over-predicted by approximately 60 kg (see Table A .3). The larger error for shorter missions also suggests that different reserve-fuel requirements might play a role. For example, the diversion range of the reference aircraft might be lower than assumed here.
Fig. 9 Comparison between results obtained from the two sizing methods and reference aircraft data.
The inherent differences of the mission analyses of both methods play a factor as well: the taxi, take-off, and landing fuel fractions are calculated differently, a different climb and descent strategy is used, and the variable turboshaft efficiency is implemented differently, as discussed in Sec. II.B. Especially the last two points have an important effect for the shorter missions, as a larger fraction of the mission is spent in off-design conditions, instead of in cruise flight. To further investigate possible differences in the mission analysis, Fig. 10 shows the mission profile obtained by the two sizing methods for the short-range mission. Note that, for such a short mission, the reserves play an important role in determining the total fuel weight. Although no mission data is available for the reference aircraft, Fig. 10 shows that the two methods produce similar mission profiles. The climb and descent profiles of Method B are smoother but lead to slightly higher energy consumption, as discussed in Sec. II.B. Moreover, Method A explicitly models the taxi-out, take-off, landing, and taxi-in phases, while Method B does not. For Method B, the nominal mission starts at take-off speed and ends at the approach speed. Finally, Method A always accelerates/decelerates and climbs/descends between mission phases, while Method B presents a discontinuity at the beginning and end of the loiter phase, for which no transition phases are modeled. However, despite these differences, the block fuel consumption computed by the two methods does not differ significantly, as reflected in Fig. 9 .
IV. Hybrid-Electric Aircraft
In this section, the conventional, parallel-hybrid, serial-hybrid, and fully electric aircraft are compared against each other. The comparison is conducted in detail for the three missions that were analyzed in Sec. III, and then, in more general terms, for three parameter sweeps.
A. Assumptions
The differences observed with the conventional baseline aircraft in Sec. III can largely be attributed to different modeling approaches for the mission reserves and powertrain components. To exclude these differenceswhich are not inherent to the formulation of the two sizing methodsseveral additional simplifications are made for the comparison of hybrid-electric aircraft. In this way, the additional discrepancies due to the incorporation of hybridelectric propulsion can be isolated. In the following paragraphs, the simplifications are briefly explained. 
Turboprop Engines
For the comparison of (hybrid-) electric concepts, the thermal efficiency of the gas turbines is fixed, independently of the throttle setting or flight condition, and assumed to be ηGT = 0.2112 This corresponds to a BSFC of 398 g/kWh, and is applied to both the (hybrid-) electric concepts and the conventional fuel-based reference aircraft, which is reevaluated for this comparison. This value is obtained by calculating the average efficiency of the short-range mission, including the ground and diversion phases of the mission. Finally, the mass of the gas turbines is estimated using the specific power GT * = 3.31 kW/kg of the Do 228's flat-rated TPE331 turboprop engines
Electric Motors
The values of specific power and transmission efficiency assumed for the electrical machines (EM) and inverters/rectifiers are based on the state-of-the-art research goals presented in Ref. [52] and are gathered in Table 7 . The EMs are assumed to achieve 13 kW/kg, and the specific power of the power converters is assumed to be 19 kW/kg. Since a thermal management system and additional elements of the power management and distribution (PMAD) system can significantly increase this system's mass, the total mass of the electrical systems is increased by 30%. This generic mass penalty is assumed due to a lack of information in the preliminary sizing phase for an accurate estimation of the mass of components such as cooling systems or cables. Thus, the equivalent specific EM mass is assumed to be 5.92 kW/kg. To describe the losses of the entire electrical system, a constant equivalent motor efficiency of 95% is used, and all other component's efficiencies are set to 100%.
Battery System
The battery system is modeled using a rudimentary "energy in a box" approach. Thus, an idealized constant potential battery is assumed. The internal resistance and other losses are assumed to be zero, and consequently, the efficiency of the battery is 100% (see Table 7 ). To preserve battery life and to account for energy reserves, a 20% state-of-charge margin is used. For the sake of comparison, futuristic technology assumptions are used, to allow for convergence of aircraft with high levels of hybridization and fully electric aircraft. With a specific energy bat * = 1500 Wh/kg and a 4C discharge rate, reasonable MTOM values could be achieved. The selection of more realistic, near term battery technology would have resulted in too many unconverged design points. As the absolute results are of minor interest for this comparative study, the authors preferred to select bat * values, which allow for extensive parameter sweeps and comparisons. However, it is important to note that the technology values assumed for the batteries at pack level ( bat * = 1500 Wh/kg and bat * = 6 kW/kg) must be considered beyond optimistic. The maximum theoretical specific energy of Li-Ion batteries at cell level is 700 Wh/kg. Lithium-sulfur or aluminum-air batteries could reach such high specific energy levels in theory but are far from being usable in practical, high-power applications.
Mission Modelling
For conventional 19-seater aircraft, a 5% contingency fuel reserve has to be maintained [43] . Given that for HEP aircraft it is unclear whether these energy reserves should be accounted for in the fuel energy, battery energy, or both, this 5% contribution to total energy is not included in the following analyses. Thus, the fuel mass is reduced compared to the conventional short-range results. Table 7 Characteristics assumed for powertrain components. 
Parameter
B. Comparison of Baseline Missions
In this section, the HEP variants are sized for the three reference missions presented in Sec III.A. Both methods differ in their approach to constructing the matching diagram, which is the first step of the sizing process. This is not only true with regards to the determination of the constraint lines, as discussed in Sec. III, but also with respect to the determination of the power split of the components of the hybrid-electric powertrain. To illustrate the difference, Fig.  11 presents a series of matching diagrams obtained from Method A and Method B. For both methods, only the five driving constraints (as discussed in Sec. III) are presented; other constraints from the certification specifications are neglected. As this example is only meant to further illustrate the different approaches of the methods, the matching diagrams are only shown for the parallel-hybrid propulsion architecture. Method A attempts to simplify the matching process as much as possible. This allows using a graphical method to assess the hybrid electric design space. The results for any required figure of merit (e.g. MTOM, energy usage, or cost) can then be plotted and superimposed to the performance constraints. Such figures are sometimes called "thumbprint plots" and can be used to understand the hybrid-electric design space and select the best design point. More information can be found in Ref. [21] . However, finding a "best" design point is not the objective of this comparative study. Therefore, only a basic approach is explained: the constraint diagram is constructed, corrected to maximum throttle at sea level, as well as maximum take-off mass, and subsequently, the design point is selected. In Fig. 11 , the design point is 18.63 W/N at a wing loading of 1.96 kN/m². To find the power required for a predetermined hybridization ratio, the total power-to-weight ratio, P/WTO, is split by the hybridization ratio. For the example in Fig.  11 , a P/WTO of 16.76 W/N is selected for the gas turbine, while the remaining difference between gas turbine power and total installed power is provided by the electric power system. In other words, a hybridization of 10% is used, and thus PGT/WTO = 16.76, and PEM/WTO = 1.87. Because the normalization to maximum throttle at sea level is carried out before the power is split, the electric powertrain components are slightly oversized.
Method B, on the other hand, allows the designer to specify different power-control parameters (i.e., throttle and supplied power ratio) for each performance constraint. Hence, different components can be sized by different constraints, and none of the components is over-sized. For example, if the batteries and electromotor were only used during climb, then they would be actively sized in that condition, while the gas-turbine would have to provide only part-power, and would, therefore, be sized by a different constraint such as take-off or cruise. However, compared to Method A, this requires the designer to specify additional control settings, leading to a more complex interpretation of the matching diagrams, as evidenced in the bottom half of Fig. 11 . This figure shows how first the shaft-power matching diagram is constructed (Fig. 11.B.1) , based on which the matching diagrams of the remaining elements of the powertrain (see Fig. 4 ) are computed for a given power split. Since the power split is kept constant for all performance constraints in this study (Hp = 0.1), the relative positions of the constraints do not change much, although the power-to-weight ratio required from the electric motors is much lower than the gas turbine, as visible in Figs.  11.B.2 and 11 .B.3. Given that different throttle settings are used for different constraints (see Table A .2), the gas turbine has a different active constraint than the electric motors. Note that only the gas turbine is corrected for throttle setting, as shown in Fig. 11 .B.4. Nevertheless, even though the two methods use fundamentally different approaches for the matching diagrams, the resulting design points are comparable. The gas-turbine power-to-weight ratio is virtually the same for both cases (PGT/WTO = 16.76 and 16.77 for methods A and B, respectively). The power-toweight ratio obtained for the electrical motors is approximately 5% lower for Method B (PEM/WTO = 1.87 and 1.78 for methods A and B, respectively) since it is not throttle-corrected. Using the P/WTO and WTO/S data from the constraint diagrams, the mission performance analysis is then carried out, and the aircraft's size is matched to the required mission performance. The resulting MTOM predicted by the two methods is presented in Table 8 , including the difference of Method B with respect to Method A, which is calculated by (MTOM B − MTOM A )/MTOM A . Additionally, the MTOM breakdown obtained for the short-range mission is shown in Fig. 12 . In all cases, the differences between the two methods are well within the uncertainty of a Class-I sizing process. The most important conclusions that can be drawn are summarized in the following paragraphs. Table 8 Maximum-take off mass values calculated for the conventional, parallel, serial, and fully-electric powertrain configurations using the two sizing methods. "N/A" indicates that no converged design was obtained. 
Conventional Powertrain
The results for the conventional powertrain configuration (shown in Table 8 ) differ slightly from the results shown in Sec. III, due to the simplified modeling approach taken for the HEP comparison. The discrepancy is larger for the short-and long-range missions than for the medium-range mission. For both methods, the MTOM obtained for the short-range mission is lower than in Sec. III, because the average gas-turbine efficiency is accurate, but the fuel reserves are neglected. The MTOM obtained for the long-range mission, to the contrary, is over-predicted because, in this case, the exclusion of contingency fuel has a relatively lower impact, while the assumed gas-turbine efficiency is lower than in practice, due to the long cruise segment. Nevertheless, the agreement between both methods is good. The maximum difference in MTOM between method A and method B is less than 1.5%.
Parallel-Hybrid Powertrain
The results for the parallel hybrid powertrain (compare Fig. 4) show excellent agreement, with a difference of less than 1% between both methods. For both the parallel-hybrid and the serial-hybrid designs, the level of hybridization is fixed at 10%. For the parallel-hybrid, this means that the propeller is always supplied by 1 part electric motor power and 9 parts gas turbine power, joined through a gearbox with 100% efficiency. A converged design is obtained for all three missions, even though the long-range aircraft is more than twice as heavy as the short-range aircraft. Considering the very advanced technology assumptions that are made, this result indicates that efficient long-range flying with hybrid-electric propulsion systems is not a straightforward task. However, the detailed results for the short-range mission (Fig. 12) show that the fuel mass is reduced, when comparing against the conventional propulsion layout, even though MTOM increases.
Serial-Hybrid Powertrain
For this study, none of the prospective advantages (aero-propulsive interaction, distributed propulsion, etc.) of serialhybrid designs are taken into account. The serial-hybrid powertrain is therefore expected to perform worse (heavier, less efficient) than the conventional or parallel-hybrid configurations. This is supported by the results presented in Table 8 . Only the short-and medium-range mission have converged. For the long-range mission, the powertrain is too heavy and inefficient to converge-even with the highly optimistic technology assumptions. The results are very close (0.6% difference) for the short-range mission, and still provide an acceptable agreement (1.6% difference) for the medium-range mission. It is worth noting that, just as for the parallel-hybrid powertrain, the level of hybridization is fixed at 10%. This means that the electric motor is always supplied by 1 part battery power and 9 parts generator power.
Fully Electric Powertrain
The final analysis is conducted for the fully electric powertrain configuration. Even with the highly optimistic technology assumptions, only the short-range mission converges for this powertrain architecture, as shown in Table  8 . The medium and long-range missions require an MTOM above 50 tons, which is infeasible for a 19-seat aircraft. Yet, both methods converged within 1.5% for the short-range mission. For this specific set of requirements and technology assumptions, the serial-hybrid short-range aircraft and the electric short-range aircraft converge to almost the same MTOM. In Fig. 12 it can be observed that the additional mass required by the batteries for the fully-electric configuration completely compensates the weight reduction due to the absence of gas turbines, fuel, and generators. However, while Method A predicts a higher MTOM than Method B for the serial-hybrid short-range case, it predicts a lower MTOM for the electric short-range case. Therefore, no clear conclusion can be drawn regarding which of the two methods is more (or less) conservative. 
C. Parameter Sweeps
As a final step of this validation study, the design methods are evaluated regarding their ability to properly account for changes in the technology level and TLARs. The reader is reminded that the aim is to compare the data and gradients obtained with the two methods, and not to study the impact of these parameters on the resulting aircraft's design. In this process, the impact of three parameters is analyzed: range, battery specific energy, and the hybridization ratio. The baseline point for the parameter sweeps is the short-range mission. Thus, payload is fixed at 1.96 t, and the design range is fixed at 396 km. The baseline technology assumptions are the same as in Sec. IV.B, ( bat * = 1500 Wh/kg and HP = 0.1). Mission range is swept between 100 km and 2500 km, battery specific energy is swept between 100 Wh/kg and 2000 Wh/kg, and the hybridization ratio is varied between 0 and 1, all while maintaining the remaining parameters constant. The results for the parameter sweeps are analyzed for two measures of merit: MTOM and PREE. MTOM is often used for comparison in aircraft design studies since it gives an indication of the "size" of the aircraft and has a direct impact on power requirements, energy requirements, production and maintenance costs, and the certification of the aircraft [9] . The Payload-Range Energy Efficiency (PREE) [32] , meanwhile, is used as the figure of merit to evaluate the energy consumption of the aircraft. The PREE is defined as payload weight times the range of the aircraft, divided by the total energy consumed during the nominal mission (excluding reserves), i.e.:
PREE =
PL ⋅ miss (7) Therefore, this dimensionless parameter indicates how efficiently the aircraft can transport its payload over a determined distance during its day-to-day operation. In Eq. 7, the energy consumed during the nominal mission, Emiss, is calculated differently by the two methods:
miss,A = taxi out + TO + climb + cruise + descent (8) miss,B = taxi out + TO + climb + cruise + descent + landing + taxi in (9) While Method B uses energy fractions that are known a priori for taxi, take-off, and landing (see Table A .5), Method A specifically calculates the energy consumption in these phases. The landing phase and the taxi-in phase are analyzed after flying the diversion. Thus, these phases would be analyzed at a wrong mass. To avoid confusion, these phases were entirely disregarded for the calculation of Emiss. Thus, Emiss will be slightly lower for Method A than for Method B, resulting in higher PREE values. Nevertheless, the difference was confirmed to be minor.
The following subsections detail the three parameter sweeps separately. Data for these comparisons are provided in the appendix so that these trade studies can be used as reference cases for benchmarking and validation of other design tools.
Range
The design range is varied from 100 km to 2500 km. Thus, short-range missions of just 15 min flight time are covered at the low end, while the longest flight would last 6 hours. Range is swept in steps of 100 km, and the results of the sweep are presented in Fig. 13 . Range R [km] a) Maximum take-off mass 
b) Payload-range energy efficiency
Both plots -MTOM, as well as PREEcorrelate very well. All basic trends are captured. The MTOM plots show an exponential relationship for increasing ranges. The PREE plots drop almost linearly, as longer flights are analyzed. When analyzing MTOM results, the conventional aircraft shows to be less sensitive to an increase in range, when compared to the other designs. The serial and parallel designs show a similar slope but present an offset. This can be attributed to the mass increase, which is inherent to the hybrid propulsion systems. The fully electric design shows the highest slope. This behavior is expected, due to the much lower specific energy of batteries, compared to fossil fuels.
PREE shows an almost linear relationship with range. Again, the highest sensitivity is observed for the fully electric aircraft, and the lowest sensitivity is observed for the conventional design. This corresponds with the data of the MTOM analysis. When results for methods A and B are compared, they show only subtle differences for PREE. Method A always slightly overpredicts PREE. This is expected, because the energy summation is slightly different between the methods, as described previously. The difference is more pronounced at the lower ranges because the relative time spent for landing and taxi in is decreasing, as total flight time is increased. Therefore, the error is less relevant at long ranges.
If the CS-23 commuter mass limit of 8618 kg (19000 lb) would be enforced, then the maximum range of the fully electric and serial hybrid designs would be limited to less than 450 km, while the conventional aircraft could achieve ranges of 1100 km, more than twice as far. However, even though the conventional aircraft is the lightest, its PREE is inferior to the electric and parallel hybrid design at ranges up to 1100 km. This shows the general trend that electric and hybrid-electric aircraft can be more efficient for short-distance flights, while longer ranges are most likely to be carried out by conventional aircraft. However, these are unoptimized designs with extremely optimistic technology assumptions, and thus no quantitative conclusions should be drawn from this data.
Battery Technology Level
The specific energy bat * of the batteries is varied from 100 Wh/kg to 2000 Wh/kg. At the same time, the specific power bat * is varied to maintain a constant discharge rate of 4C. Thus, bat * = 0.4 kW/kg at 100 Wh/kg, while bat * = 8 kW/kg at 2000 Wh/kg. bat * is varied in steps of 100 Wh/kg, and the results of the sweep are presented in Fig. 14 . For the 4C discharge rate assumed, the battery mass was found to be sized by energy requirements in all cases, and not by power requirements. Thus, all missions are terminated with a 20% state-of-charge. Again, the MTOM and PREE plots show very good correlation for all propulsion architectures. The expected trends are captured, with battery technology having no influence on conventional designs. For the remaining configurations, improving battery performance will yield lighter aircraft, which will be more efficient. Thus, for this study, PREE is roughly inversely proportional to MTOM. The absolute differences in MTOM between methods A and B are more pronounced at lower technology levels because the aircraft become heavier.
Method A again slightly over-predicts PREE, when compared to Method B. For this analysis, the relative error of the PREE calculation remains nearly constant across the sweep, because the mission is not varied. The difference in PREE is more evident for the fully electric configuration (approximately 5% for the baseline bat * = 1500 Wh/kg) and is also reflected in the MTOM comparison. This discrepancy is more prominent for the fully-electric configuration due to the higher battery weight fraction and subsequent higher sensitivity to battery specific energy. Figure 13 shows that the CS-23 mass limit requires an bat * of at least 1450 Wh/kg to allow for a fully-electric design. This indicates that electric propulsion systems will not be a drop-in replacement for conventional propulsion systems in the near future. However, a design with such kind of batteries would reach three times the PREE of the conventional aircraft. Benefits in terms of PREE can already be observed for batteries that exceed 800 Wh/kg. However, these aircraft would be four times heavier than comparable conventional aircraft, due to the snowball effect of the sizing process. Finally, Fig. 14 also shows that parallel architectures can present minor improvements in PREE if the battery specific energy is increased beyond 700 Wh/kg. Serial powertrains, on the other hand, are always outperformed by conventional fuel-based powertrains, since no hypothetical improvements in aero-propulsive efficiency or gas-turbine efficiency are included in this study.
Hybridization ratio
The hybridization ratio of the propulsion system is varied from 0% to 100% in steps of 10%. Note that the hybridization ratio is defined differently for serial and parallel powertrains, as discussed in Sec. II.C. In both cases, a hybridization ratio of 100 % corresponds to a fully electric aircraft, which exclusively uses batteries. However, for a serial architecture, a hybridization of 0% corresponds to a turboelectric aircraft, while for a parallel architecture, the powertrain is reduced to a conventional fuel-based engine. Consequently, Fig. 15 shows the results of the parameter sweeps for the serial and parallel powertrains, while the conventional and fully-electric configurations are obtained as limit cases of these two sweeps. Hybridization ratio H P [-] b) Payload-range energy efficiency
Turbo-electric
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Once more, the MTOM and PREE plots show a very good correlation between the methods for both propulsion architectures. The parallel hybrid with a hybridization ratio of 0 % corresponds to a conventional aircraft and is, therefore, the lightest solution for the given mission. As the hybridization ratio is increased, the relative size of the electric power systems of the aircraft increase. However, as MTOM increases, so does PREE. At 100% hybridization the fully electric configuration is reached. The data points, at HP,PH = 0.0, 0.1, and 1.0 can also be found in the previous diagrams. The serial hybrid with a hybridization of 0 % corresponds to a turbo-electric propulsion configuration which uses no buffer battery. As HP,SH increases, the gas turbine size is reduced, and batteries are added, until the fully electric configuration is reached at HP,SH = 1.0. Figure 14a shows that MTOM is practically insensitive to the hybridization ratio, while PREE improves with increasing hybridization. The authors suspected that this almost constant relationship between HP and MTOM is specific for this set of input parameters, and not a trend inherent to the type of propulsion system in general. To confirm this hypothesis, the hybridization sweep of the serial hybrid architecture was also conducted for batteries with a specific energy of 3000 Wh/kg. The results are not shown here, but for that case, MTOM was found to vary significantly with the level of hybridization. Therefore, the lack of a gradient is a coincidence. For the selected input parameters, the increase in battery mass as HP increases compensates the decrease in engine, generator, and fuel mass.
V. Conclusions
In this study, two preliminary sizing methods for hybrid-electric aircraft are compared in detail. The two methods, developed at FH Aachen and TU Delft, respectively, are used to evaluate a 19-passenger commuter aircraft. The fuelbased reference aircraft is first sized for three points of the payload-range diagram. The results obtained from the two methods deviate from the reference data by approximately 1% in terms of power-to-weight ratio, and by less than 4% in terms of maximum take-off mass (MTOM). The discrepancy in MTOM is predominantly attributed to uncertainties in component modeling and variations in the mission profile. The two methods are then used to evaluate parallel, serial, and fully-electric configurations. When comparing the different powertrain architectures for the three payload-range combinations selected, a difference in MTOM of less than 2% is observed between the two methods. Additionally, three parameter sweeps are performed, in order to analyze the sensitivity of MTOM and Payload-Range Energy Efficiency (PREE) to mission range, battery specific energy, and the hybridization ratio of the aircraft. The results of these sweeps show an excellent agreement in both slope and offset between the two methods. The largest deviations are observed for the fully-electric configuration, due to the sensitivity of the battery-weight fraction to energy consumption. This leads to a PREE difference between the two methods of approximately 5% for the baseline mission requirements and technology assumptions.
These differences observed lie well within the uncertainty of the Class-I sizing process and confirm the correct implementation of the two methods. Although this does not necessarily guarantee that the formulation of the methods is flawless-since both methods might coincidentally be based on the same, inaccurate assumption-the agreement of results significantly increases the confidence in these two formulations. This is further evidenced by the trends observed in the parameters sweeps, which coincide with those expected from literature. Moreover, throughout this study, the differences between the two methods are exposed as much as possible, such that the results can be used as a benchmark by the aircraft design community to compare and validate other design methods for hybrid-electric aircraft. 
Appendix
